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I. Compliance Checklist
The 2021 - 2022 AIAA RFP, which calls for the design of a "Responsive Aerial Fire Fighting Aircraft", contains a
total of 23 design requirements. Seven of those included requirements are extensions of other requirements, and are
considered design objectives. Team Albatross’ design, the N513 Firehawk, meets five of the seven design objectives and
each design requirement. Table 2 lists these requirements, and for any of the objective requirements the true requirement

can be found in the footnotes. The section in which that requirement is most discussed is also listed in the table. [1]

Table 2 AIAA RFP Requirements

Numerical Requirements

Type Description RFP Value N513 Firehawk Value Sections

R EIS Date 2030 2030 VLB

R Engine EIS 2028 2013 VLB

o Fire Retardant Capacity 4,000 gal 8,000 gal XIIL.K

R Multi-Drop Capability > 1 Drop & >2,000 At least 2 drops of 4,000 | IIL.B.1

gal per drop gallons

R Fire Retardant Reload Speed >= 500 gal/min 500 gal/min XILK

R Retardant Density <=9 Ib/gal 9 Ib/gal XILK

o’ Drop Speed After Payload Drop <= 125 kts 125 kts VIIL.D

R Drop Altitude <= 300 ft AGL 300 ft AGL VIIL.D

o Radius with full payload 400 nmi 805 nmi VIIL.D

o Design Ferry Range with no 3,000 nmi 3,051 nmi VIIL.D
payload

R¢ Dash Speed after drop 300 kts 380 knots VIIL.D

R Balanced Field Lengthf <= 8,000 ft 6,100 ft VIII.D

’ General Requirements

Type Description - Sections

R Capable of VFR and IFR flight - XIL.G
with an autopilot

R Capable of flight in known icing - XILI
conditions

R Certifiable by FAA 14 CFR § 25 - I1.C, V.E,

XIIL.B, etc.
o Systems and Avionics architecture | - XI.G

for autonomous operations

“Required fire retardant capacity is 4,000 gallons.

bRequired Drop Speed is <= 150 knots.

“Required Design Radius with payload is 200 n mi.
4Required Design Ferry Range with no payload is 2,000 nmi.
¢Objective Dash Speed after drop is 400 knots.

/At 5,000 ft MSL elevation of a + 35 °F hot day.

vi



I1. Introduction

A. Design Objectives

Team Albatross is committed to producing a design that will satisfy all requirements in the AIAA RFP at as low of a
cost to the consumer as possible. The designed aircraft will reach optional goals of a fire retardant capacity of 8,000
gallons, a drop speed of less than or equal to 125 kts, a design radius will full payload of at least 400 nmi, and a design
ferry range of at least 3,000 nmi. The team chose to meet these design objectives in order to produce an aircraft that will
be continually effective in fighting fires that have been growing in size for years. Giving Firehawk this extended range
and retardant capacity will allow it fight large scale wildfires, and reach remote areas that other fire-fighters can not.
Reaching these design goals will allow this design to be viewed favorably by larger customers, including the United
States Forest Service and foreign equivalents, along with smaller state run conservation agencies. As wildfires continue
to become larger and more devastation, larger groups such as the USFS or private contractors with large budgets will
need to be called in to fight back. Team Albatross has designed this aircraft with groups like this in mind, who will be
able to pay for aircraft designed directly for firefighting. Although certain design aspects with this consideration in
mind may raise the, the benefits of an aircraft designed for a specific job will outweigh the small cost difference as
wildfires continue to become more devastating. Including an extra 400 nmi of range will allow crews who previously
may have had to refuel during a mission to travel further, execute mission objectives, and return to the point of takeoff in
much less time than before. This is specifically significant for fire fighting aircraft, where response time is of the utmost
importance. Airports with sufficient size to store fire fighting aircraft are often a sizable distance from new fires in the
deep wilderness, also leading to increased response times due to the refuelling on the ground necessary for those flights.
The team will also include fuel tanks that are large enough for the full ferry mission, and can be partially filed for a drop
mission. This will add a level of compatibility to the aircraft, allowing it to be used for different mission categories with
little to no retrofitting. Adding this capability will allow the aircraft to engage in aerial resource support, aerial detection,
remote cargo delivery, and many other fire-fighting or general remote operation related tasks. This flexibility paired with

the increased design range and easily increased ferry range will place this aircraft in a highly desirable market position.

B. Design Philosophy

Team Albatross follows a design philosophy which states: Aircraft design should be a highly iterative process based
on the requirements of the RFP, data from existing aircraft, and any other specific design considerations related to the
expected Concept of Operations of the aircraft. Thus, the first step the team took was to study similar, existing aircraft
that perform similar fire fighting roles. Specifically, the Boeing 737-300 was used for first-iteration calculations. This
was done by slowly changing the aircraft’s parameters until all conditions in the RFP were met. These final design
parameters were then used by the team as a starting point for their design. Throughout the first design period, this
starting point was improved and refined using many methods, including equations from well respected aircraft design
experts such as Raymer [2] and Roskam [3]. During the second period of the design process, the team focused on giving
calculations and estimates more validity through further in-depth methods, such as the use of computational methods.

The third design period was an extension of the second, with even further advanced computation tools.



A. Overview

1. Requirements

II1. Concept of Operations

The RFP published by AIAA describes all of the mandatory requirements that the aircraft must meet [1]. Along

with the required parameters, some items are listed as objectives that are optional to satisfy. Listed in Table 3 are the

requirements that the aircraft will be designed to satisfy which comprise of a combination of some required and some

objective requirements. The majority of the objective requirements that were selected were to improve the performance

and capabilities of the aircraft.

Table 3 Design Requirements

General Requirements

Requirement o e
Category Type Description
Required Year: 2030
Entry into service Required Use existing engine(s) or one that is in development will be in service by
q 2028, or at least two years prior to the airplane EIS.
. Assumptions on at least specific fuel consumption/efficiency, thrust/power
Required .
and weight must be documented.
Objective 8,000 gal
Fire Retardant Capacity Requ?red Multi-drop capable; minimum 2,009 gal per drop
Required Fire retardant reload >= 500 gal / min
Required Retardant density of at least 9 1bs / gal
Payload Drop Objec.:tive Drop spe.:ed <= 125 kts
Required Drop altitude <= 300 ft AGL
Design Radius with Full Objective 400 nmi
Payload
Design Ferry Range (N0 | (350 ive 3,000 nmi
Payload)
Dash  Speed (After L
Payload Drop) Objective 300 kts
Field Requirements Required Balanced field length <= 8,000 ft @5, 000 ft MSL elevation on a 35°F
hot day
Required Capable of VFR and IFR flight with an autopilot
Certifications Required Capable of flight in known icing conditions
Required Meets applicable certification rules in FAA 14 CFR § 25
Required All missions below assume reserves and equipment required to meet

applicable FARs




B. Mission Profiles
1. Design Radius

Per the requirements, the aircraft must be designed to combat fires with at least two retardant drops anywhere in a
400 nmi range. The mission profile shown in Figure 1 and described in Table 4 shows the expected maneuvers for each
mission. There are two drops, one on the way out to the fire, and one on the return flight back to the base airfield. The
worst case mission profile is highlighted in black, as this is the flight path that would consume the most amount of fuel.
Climbing slightly between the two drops increases fuel efficiency. The aircraft has been designed to satisfy the mission

in black, because the mission in orange is viable so long as the black one is. The portion of the mission profile that is in

red is to account for a reserve or diverted flight.

Fig.1 Design Radius Mission Profile.

Table 4 Design Radius Flight with Two Drops

Segment Description
Number
1 Warm Up, Taxi and Take-Off
2, Climb to Cruise
3 Fly to the designated drop site, with point
4 Descend to Drop Altitude
5,9 Designated Drop Altitudes
6 Ascend Back to Cruise Altitude
7 Point marking the 400-mile mark of the
design radius
8 Descend slightly back to drop altitude
10 Climb back to cruise altitude
11 Cruise at Dash Speed of 300 kts
12 Landing
14 Go-Around Climb
15 Loiter/ Diversion
16 Landing
13,17 Taxi to stand
14 Go-around climb




2. Ferry Flight

The RFP also requires that the aircraft be able to complete a ferry flight of a much longer range, but with an empty
will comprise of a step climb over the course of the ferry flight to optimize the fuel consumption. As with the Design

payload. This flight will require a new mission profile which is shown in Figure 2 and described in Table 5. This flight

6,
" 9

Radius profile, the segments in red are to represent a reserve or diverted flight.

Fig. 2 Ferry Flight Mission Profile.

Table 5 Ferry Flight

Segment Description
Number

Warm Up, Taxi and Take-Off
Climb to Cruise Altitude
Level Cruise Flight

Landing
Taxi to Stand
Go-around climb
Loiter Altitude

Descend
Taxi to Stand

O 0| || N |WIN|—




C. OV-1 Diagram

Firehawk will work in conjunction with at least two other aircraft at all times, along with boots-on-the-ground fire
crews. The first of these other aircraft is called the Flight Path Leader, and is responsible for initial scouting of the
affected area while also finding a safe flight path for Firehawk and any other large aircraft in the mission. The Air
Tactical Group Supervisor (ATGS) is in-charge of the entire aerial operation, and is constant communication with each
member of said operation. The ATGS is also responsible for visual reconnaissance, and makes the final call on where to
drop the fire retardant. Figure 3 below shows an example mission for Firehawk, and real operations would follow the

structure displayed.

Control:

Information Flow: Air Tactical Group Supervisor
1)
A { 3

Visual
Reconnaissance

On-Ground Fire Modules Airport - Ground Control

Fig. 3 NS513 Firehawk OV-1 Diagram.



IV. Sizing Analysis
A. Similarity Analysis
The seed aircraft for this design is the Boeing 737-300. It was selected from a list of existing converted firefighting
aircraft, all of which are capable of carrying payloads close to the required amount of 4,000 gallons. These aircraft

include the 737-300, McDonnell Douglas MD-87, DC-10-30, and the Lockheed C-130H. Some information on these

aircraft is shown in Figure 6.

Table 6 Reference Aircraft Parameters

Parameter C-130H [4] [5] | B737-300 [6] MD-87 [7] DC-10-30 [8]
Range w Standard Load 1,208 nmi 2,255 nmi 2,900 nmi 4,000 nmi
Payload 3,000 gal 4,000 gal [9] | 4,000 gal [10] | 12,000 gal [11]
Engine Output (total) 18,364 hp 40,000 1b 43,4001b[12] | 151,2001b [13]
MTOW 155,000 1b 138,500 1b 149,500 1b 555,000 1b

From these aircraft, the 737-300 was selected as the seed. The C-130 does not have enough payload capacity to meet
the desired 4,000 gallon lower limit. The MD-87 and DC-10-30 have undesirable engine placement, as tail-mounted
engines are generally more difficult to access for maintenance compared to under-wing units. The DC-10 is also over
the 8,000 gallon upper limit for payload, which exceeding would drive up cost unnecessarily. The 737-300 has desirable
engine placement and fits the payload bracket. It does not have the desired high wing configuration, but it was considered
the best starting point.

The main data extracted from the similarity analysis for sizing included the dimensions of the 737-300’s fuselage,
engine parameters including nacelle dimensions and SFC, the maximum lift coefficient at landing conditions, and flight

conditions including altitude, speed, and temperature variation.

B. Initial Sizing

The initial parameters of the aircraft were derived from the parameters of the 737-300, using a sizing process in
which various parameters were changed to meet the requirements set in the RFP [1]. A wing area of 1,800 sq ft and an
aspect ratio of 8 were selected, as this combination of wing area and aspect ratio minimized the stall speed and thrust
required.

The airplane was sized around the drop and ferry missions, and it was found that the drop mission had a larger
impact on driving the requirements for the airplane overall. The ferry mission had a higher fuel load requirement,
however. As a result, the airplane was primarily designed around the drop mission, with the assumption that the aircraft
would have additional internal tanks that would be fueled in order for it to reach the desired ferry range. Given that the
aircraft will not be carrying a payload for a ferry flight, having it instead carry extra fuel for these flights would allow it

to achieve the desired ferry range without requiring more powerful engines for the drop mission.



The team envisioned a larger airplane capable of carrying 8,000 gallons of retardant, as there are no purpose-built
aircraft in this category. The only aircraft currently in service that fulfill this requirement are the DC-10, IL-76, and
747, all of which are converted passenger or cargo aircraft. A dedicated airplane capable of meeting this requirement
would be better suited for aerial firefighting, as they would be purpose built for that mission while being able to employ
newer technologies not included on current conversions. The other goals the team set were based on this ideology.
The team determined that because a larger airplane should be capable of a longer range, a higher BFL would be an
acceptable trade to keep costs down, as the airplane would have sufficient range to fly from airports with longer runways.
With this in mind, the team also determined that the aircraft should be capable of the higher dash speed set in the RFP

requirements so that it would be able to more quickly reach distant wildfires.

C. Trade Study for Reference Area and Aspect Ratio

The thrust required, structural weight, and aircraft performance heavily depended on the aircraft’s wing aspect ratio
and wing reference area, warranting an in depth trade study. Due to the aircraft being specifically designed to fight fires,
the airplane performance at low speeds and thrust required are very high priority. Figure 4 shows visual evidence that

increasing both the wing aspect ratio and wing area results in lower thrust required.

16,600
16,200
15,800

15,400

Thrust Required (Ib)
w

Aspect Ratio

15,000

— 14,600

&
L&00 1650 1700 1750 1800 1850 1900

Wing Area (sq ft)

Fig. 4 Thrust Required as a Function of Aspect Ratio and Reference Area.



Figure 5 demonstrates that the stall speed is primarily a function of wing area with large wing reference areas
resulting in the slowest drop speeds. Additionally, there are benefits to the maximum ferry range following the same
trend as the thrust required as seen from Fig. 6.

Stall Speed (kt)

@ N513 Firchawk

101

Aspect Ratio

97

1750 1,800 1850 1,500 1350 2,000

Wing Area (sq ft)

6
1,600 1650 1700

Fig. 5 Stall Speed as a Function of Aspect Ratio and Reference Area.

Ferry Range (nmi)

N513 Firehawk

2,900

2700
2,600

2,500

Aspect Ratio

—- 2200

B
1600 1650 1700 1750 1800 1850 1900 1950

Wing Area (sq ft)

Fig. 6 Ferry Range as a Function of Aspect Ratio and Reference Area.

When completing the sizing for the aircraft, Team Albatross searched for good performance parameters while also
minimizing the weight of the aircraft and leaving room for error. Minimizing the weight while reaching the desired
performance and requirements results in the cheapest configuration. When comparing each factor, it was concluded that

an aspect ratio of 8 and a wing reference area of 1,800 sq. ft. were acceptable.



D. Trade Study for Fuselage Dimensions

A trade study was performed for the aircraft’s fuselage design, specifically for its diameter and length. The internal
volume of the seed aircraft was calculated and compared to the volume required by an 8,000 gallon retardant tank, which
showed that the fuselage was much larger than needed. Reducing the volume of the fuselage reduces surface area, which
can reduce both weight and drag. This can be achieved by either shortening the fuselage, reducing the diameter, or
both. Reducing the length would reduce structural stresses and allow more tail clearance on takeoff and landing, but
it maintains the same frontal area as the seed aircraft which increases profile drag. This layout also offers a weight
reduction by decreasing the surface area to volume ratio, but the shortening of the tail’s control arm could very well
offset these gains by requiring a larger, heavier tail that produces more drag. Reducing the diameter of the fuselage
maintains the tail moment arm and reduces the profile drag, but does incur more demanding structural loads due to the
long, thin structure which will require additional reinforcement and weight.

In order to understand this trade-off, a numeric comparison was done. Using the early 110" diameter fuselage as a
baseline, a 153" diameter fuselage of the same volume was tested in the design spreadsheet, assuming a 25 percent
increase in tail area to maintain controllability. It was found that even with this increase in tail area and weight, the
resulting aircraft was about 9,000 Ib lighter, required 2,000 1b of thrust less per engine, and could manage to drop

payloads at 3 knots slower. In light of this, a diameter of 150" was selected for the aircraft.

Table 7 Comparison of various parameters for different fuselage designs.

Parameters Seed Fuselage | Short Fuselage
Diameter (in) 110 153
Length (in) 1,300 940
Empty weight (Ib) 87,596 78,950
Stall speed (kt) 100.2 97.7
Thrust required (Ib) 21,987 19,857




V. Configuration

A. General Configuration
The aircraft has a circular cross-section fuselage, a conventional tail, high-mounted straight wings, and two turbofan
engines on pylons under said wings. A CAD drawing 3-view and isometric view of the current configuration can be

found on the next page.

Table 8 Wing & Tail Dimensions.

Parameters Values | Units

Wing Area 1800 | sq. ft

Wing Span 120 ft

Wing Root Chord 21.43 ft
Wing Tip Chord 8.57 ft
Wing AR 8 -

Wing Quarter Chord Sweep 0 deg
Wing Taper Ratio 0.4 -
Wing Anhedral Angle 2 deg
Wing Incidence Angle 2 deg
H-Tail Area 450 | sq. ft

H-Tail Span 42.42 ft

H-Tail Root Chord 15.71 ft
H-Tail Tip Chord 5.5 ft
H-Tail Quarter Chord Sweep 15 deg
H-Tail Taper Ratio 0.35 -
H-Tail Dihedral Angle 5 deg
V-Tail Area 400 | sq. ft

V-Tail Span 22.8 ft

V-Tail Root Chord 14.62 ft
V-Tail Tip Chord 2.92 ft
V-Tail Quarter Chord Sweep 25 deg
V-Tail Taper Ratio 0.2 -
Fuselage Diameter 150 in
Nose Length 175 in
Fuselage Tube Length 300 in
Tail Boom Length 450 in
Overall Length 976.5 in
Distance From Nose Gear to Main Gear 357.5 in
Main Gear Stance 174 in
Nose Gear Tire Diameter 33.35 in
Main Gear Tire Diameter 46.9 in
Tail Clearance Angle 16 deg

10
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B. Tail

A conventional tail was selected from a trade study of multiple tail configurations. A T-tail, twin boom tail and
conventional tail were all considered.

T-tails allow for an overall smaller vertical tail due to the horizontal tail eliminating tip effects, and also allows for a
smaller horizontal tail given the airflow is not disturbed by the main wings. However, T-tails demand a stronger and
heavier structure in the vertical segment. T-tails are also susceptible to blanketing from the main wings at high AoA
[14].

Twin boom tails allow for a shortened rear fuselage, which if done can reduce wetted area and fuselage weight.
Twin boom tails don’t suffer from blanketing of the vertical stabilizers by the fuselage at high AoA, and can provide
sufficient vertical tail area when a single tail would be impractical. However, twin boom tails can increase the number of
stabilizer tips (and the associated losses from tip effects), and require narrow and strong boom structures along with
strengthening of the wings where they connect. The shorter fuselage would also reduce the usable volume in the aircraft
for systems, payload and fuel [14].

A conventional tail offers relatively simple structure and light weight. Having the horizontal stabilizer below the
vertical stabilizer can lead to rudder ineffectiveness due to blanketing in a spin, however this can be mitigated by careful
relative placement/geometry of the two stabilizers [14]. Similar to the T-tail, a conventional tail preserves the rear
fuselage and the space associated with it, a location often used for housing the APU. Although the horizontal stabilizers
will be in the wake of the main wing, the subsonic operation of the aircraft means the placement of the horizontal tail at

the same height as the wing is still viable [14].

C. Wing and Engines

A high wing with low-mounted engines was selected over other options for a number of reasons, namely maintenance,
roll stability, and weight savings. Under-wing engines are commonly used on commercial aircraft, which allow for easy
access to the engines for inspection, maintenance and replacement. Raising the wing allows for this engine configuration
to be used with shorter landing gear, meaning both the fuselage and engines are low to the ground and easy to access. A
high wing provides roll stability, and the lifted engines have thrust lines closer to the aircraft’s center of gravity which
reduces the pitching moment from the engines.

Two turbofans were selected for this aircraft. A larger number of engines usually increases the operational cost and
complexity of an aircraft, meaning mounting fewer, stronger powerplants are desirable. Turbofan engines in the required
thrust class are also used on many passenger aircraft today, so there are several options available. It was determined that

two engines were sufficient to meet the requirements, as many passenger aircraft have similar thrust requirements.
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D. Landing Gear
The aircraft has tricycle landing gear very similar to that of the C-130 and other moderately sized military cargo
aircraft. The main gear is located in sponsons on the sides of the fuselage, retracting inwards into the belly. The nose

gear is located in the nose, retracting rearward. The nature of this gear is further detailed in Landing Gear XIII.

E. Flight Deck

In a human-piloted aircraft, the flight deck must be designed with respect to physical constraints. Techniques have
been developed to measure and collect data from a representative sample of people who are to pilot the aircraft. The
most comprehensive source of such data was found inside a three-volume edition, anthropometry and biomechanics
study published by NASA [15]. In the United States, the FAA regulations currently require that transport category
aircraft be designed for operating by crew members of physical height ranging from 5 ft 2 in. (157 cm) to 6 ft 3 in
(190 cm) [16]. Furthermore, a universal population survey conducted in 2018 indicated an average increase in height
over half a century to be 1.3 mm a year for males and 0.9 mm for females. The Firehawk pilot compartment design
parameters were chosen to accommodate 95% male proportions of the population. The measurements and proportions
of the human body were adjusted accordingly for the cockpit, seat, and cabin design. The flight deck was designed for a
flight crew consisting of a pilot and co-pilot. Using the pilot’s “design eye point” as a benchmark, the characteristic
parameters and layout of the flight deck can be determined. Alignment using the eye’s reference point enables the pilots
to have an optimal field of view through the cockpit’s windows to see what is around them outside the aircraft [17]. The
seat, yoke-stick, and floor locations were determined according to the 50th percentile pilot’s comfortable sitting posture,
where the the leg position was assumed parallel with upper body [18].

Seat design aspects included the configuration of the seat pan and back structure, armrest, headrest, and a seat tilt of
75 degrees to align the pilots eye-level outside view [16]. Next, instead of a passenger entrance door, the 48 inch by 22
inch tall exit hatch located on the left side of the cockpit was adopted from the Boeing 757-200 (Package Freighter). For
emergency processes, the small entrance crew door has both a rope and a set of inertial escape reels that provide a safe,

controlled descent from the aircraft.

1. Pilot Viewing Angles

Outside the flight deck, the line of vision must guarantee adequate vision scope for all mission maneuvers [18].
The pilot compartment view regulations are outlined in the Advisory Circular 25.773-1, which clarifies 14 CFR § 25
[19]. The minimum vertical and horizontal field of vision requisites are summarized in Table 9, and are taken into
account during the design process. The seat height and location were carefully adjusted to fall within the specified

range, capable of passing the FAA viewing angle requirements.
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(a) Pilot Compartment Back View Dimensional Drawing

(b) Pilot Compartment Isometric Shaded CAD Model View

- 22,000 // .~ - RAB6.567
74738 4.502 -
T
48000 1
1
67.674 -
51.000 17.799
(c) Pilot Compartment Front View Dimensional Drawing
Fig. 8 Flight Deck Configuration.
Table 9 14 CFR § 25.773 required and designed line of sight angles
Angles Up-View | Down-View | Right of Center | Left of Center
Pilot View Required [deg] | 25 17 20 20
Pilot View Designed [deg] | 29 34 113 135
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The unobstructed maximum vertical pilot viewing angle of 63 degrees, illustrated in Figure 9 satisfies the up-view
and down-view from the pilots eye referencing the zero bearing horizon requirement. The horizontal field of view
stretching 248 degrees has a window obstructing left of pilots center by 20 to 30 degrees, meaning the Firehawk is

certifiable in terms of the compartment regulations.

(a) Vertical viewing angles (b) Horizontal viewing angles

Fig. 9 Maximum Pilot Viewing Angles.
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VI. Propulsion

A. Propulsion System Selection

The powerplant selection was determined through maximum thrust requirements found from the performance
analysis of the mission profiles (detailed in Section VIII). The maximum thrust required is 41,000 1bf during takeoff
at an altitude of 5,000 ft MSL and a speed of Mach 0.26, on a +35°F hot day. Due to thrust lapse from both altitude
and lower air density as a result of ambient temperature, the total thrust required at standard sea level conditions is
found to be 50,900 Ib. The thrust required to meet payload capacity and BFL requirements rules out the possibility of
using reciprocating engines as they lack sufficient power. Turbojet engines are unsuitable due to their poor efficiency at
subsonic speeds compared to both turboprop and turbofan engines. In most commercial roles, including high capacity
firefighting aircraft, they have been supplanted by turboprop and turbofan engines. Therefore, the team considered the
usage of either turbofan or turboprop engines.

Turboprop engines were considered for the powerplant. However, assuming a propeller efficiency of 80% as stated in
Raymer [2], the equivalent maximum power required would be about 34,700 hp. An airplane powered by the Europrop
TP400-D6 (capable of 11,000 shp [20]), one of the most powerful turboprop engines currently in production, would
require four engines for initial climb, while one using the more plentiful Allison T56 (capable of 4,591 shp [21]) would
require eight engines. The power requirements of Firehawk means using turboprop engines is not viable, so turbofan
engines were ultimately selected to power the airplane. In contrast to the number of turboprop engines needed to provide
the required power, turbofan-powered aircraft with similar thrust requirements only require two engines.

As a purpose built high capacity firefighting aircraft designed to replace current aircraft (which are primarily
conversions of passenger or cargo aircraft), it was important to prioritize both effectiveness and cost so operators would

be able to justify purchasing this aircraft to replace existing firefighting aircraft.

B. Engine Selection

As stated in Section V, the airplane will be equipped with two engines. Therefore, the thrust required per engine
is 25,450 Ibf. Additionally, Firehawk will be operating in remote areas with high ambient air temperatures and air
pollution like smoke, so additional thrust is desirable to account for thrust losses from operating in these conditions,
including the possibility of OEIL More thrust also allows for increased design flexibility and future upgrades that may
increase the weight of the airplane.

Many high capacity firefighting aircraft today are conversions of passenger aircraft, and Firehawk has similar thrust
requirements to many modern passenger aircraft. Therefore, a trade study was conducted to select an engine in the
required thrust class based on those currently being used by passenger aircraft today. The major factors that were
considered when selecting the powerplant included takeoff thrust, SFC [22], reliability, and weight. Specifications for

several engine options are tabulated in Table 10. Official SFC values were not available for the CFM LEAP-1A30 or
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the PW1431GA-JM, so they were estimated based on company statements and comparisons with previous generation
engines [23] [24].

Table 10 List of turbofan engines and important parameters

Engine Takeoff Thrust [Ib] | SFC [Ib/lb-hr] | Weight [Ib] | T/W Ratio
CFM56-5C3/F4 [25] 32,500 0.32 5,250 5.70
IAE V2530-A5 [25] 29,900 0.36 5,250 5.64

CFM LEAP-1A30 [26] 32,160 0.306 [23] 6,632 4.85
PW1431GA-IM [27] 31,572 0.315 [24] 6,300 5.01

The CFM LEAP-1A30 was selected as the powerplant of the airplane. It provides improved SFC compared to the
CFM56-5C3/F4 and V2530-A5, while being superior in reliability to the PW1431GA-JM, with the Pratt & Whitney
GTF series of engines having suffered from several in-flight failures [28] and excessive corrosion [29]. Although its

thrust-to-weight ratio is lower than the PW1431GA-JM, it is not by a significant amount.

C. Safety Considerations

As detailed in Section VIII, in the event that one engine fails, the other engine will still provide enough power to
allow Firehawk to successfully take off while satisfying the BFL requirement of 8,000 ft set in the RFP, as well as OEI
requirements defined in 14 CFR § 25.121 [19], which require an airplane with one-engine-inoperative to climb at a

minimum gradient of 2.4 percent during takeoff when the landing gear is fully retracted.

D. Engine Performance
Table 11 contains specifications for the selected engine. The weight of the integrated powerplant system is found
using Raymer [2] and Roskam [3], as detailed in Section XI.

Table 11 CFM LEAP-1A30 Specifications

Parameter Value

Takeoff thrust 32,160 1b

Static SFC (estimated) 0.306 1b/lb-hr
Dry weight 6,632 1b
Thrust-to-weight ratio (IPPS) 3.59
Length 131 in

Fan diameter 78 in

Max diameter (estimated) 84 in
Bypass ratio 11

Engine performance varies with many factors, including external conditions like altitude, speed, ambient temperature,
as well as other variables like intake, nacelle, or nozzle geometry. The thrust available and SFC for the uninstalled

engine was estimated using equations from Daidzic [30], who proposes a method to calculate both parameters for the
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entire flight envelope. The installation losses are then calculated, as detailed in Section VI.E. The estimated thrust
available and SFC for the installed engine at full throttle are plotted for altitudes from O to 36,000 ft and speeds from
Mach 0 to Mach 0.8 on a hot day at +35°F in Figures 10 and 11. The plots are verified by static and cruise data for other

high bypass turbofans as well as the plots in Raymer Appendix E [2].

Thrust Available vs Mach Number
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Fig. 10 Thrust available as a function of Mach number at different altitudes.

Full Throttle SFC vs Mach Number
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Fig. 11 Full throttle SFC as a function of Mach number at different altitudes.



SFEC is also dependent on the throttle setting of the engine. Raymer Eqn 13.9 [2] provides a method to estimate the
part-power SFC of the engine given the full throttle SFC and throttle setting. Part-power SFC of the installed engine is
estimated at Mach 0.6, the cruise speed during the ferry mission, for throttle settings from 60% to 100%, and is shown

in Figure 12. As can be seen, the SFC is minimized around 70% throttle.

Part-Power SFC vs Thrust
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Fig. 12 SFC at 100% throttle vs. Mach number at different flight conditions.

E. Inlet, Nacelle, and Exhaust Design

The inlet front face is tilted 3.5 degrees down to account for the airplane angle of attack at low speeds, such as during
takeoff and while dropping retardant. By angling the inlet as such, it will provide sufficient capture area for the engine at
higher angles of attack. Especially at low speeds, where the airplane will be operating during drop missions, the angling
of the inlet front face ensures that the engines do not experience a sudden decrease in thrust due to insufficient airflow.
The inlet is also sized to be smaller than the engine fan face in order to decelerate incoming air, which would otherwise
be too fast for the engine to operate efficiently. Isentropic flow relations are used between the inlet and fan areas to
calculate an inlet area of about 93.7% of the fan area, or 36.0 ft2. At a cruise speed of Mach 0.6, the inlet will decelerate
incoming air to Mach 0.5, and is estimated to have a pressure recovery of about 99% according to Raymer [2]. Figure

13 shows the design of the engine inlet.

19



Fig. 13 Inlet design.

Raymer also specifies that for subsonic inlets, the inner and outer lip radius should be about 8% and 4% of the inlet
front face radius respectively in order to minimize distortion and the effects of angle of attack during takeoff and landing
[2]. Also, the design of the engine nacelle was based on that of the A320neo [31], while the manufacturer’s nozzle was
retained, as a nozzle specifically designed for other capabilities like thrust vectoring or stealth was unnecessary for the

firefighting mission. Figure 14 shows the design of the engine nacelle and nozzle.

Fig. 14 Nacelle design.

It was determined that the engine had an thrust loss of about 6.3% when accounting for inlet pressure recovery, bleed
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air extraction, and power extraction using Eqns 13.6 and 13.8 from Raymer [2]. The installed SFC is then calculated

using the fuel mass flow rate and is found to increase by about 6.7%.

F. Systems

1. Engine System
The engines are controlled by a FADEC, which combines throttle inputs from the pilot with data from engine sensors

to optimize performance. More information on the FADEC and engine architecture is detailed in Section XIIL.E.

2. Fuel System
The engines are fed fuel from three fuel tanks, two in the wing and one in the fuselage. The fuel system of Firehawk

is further detailed in Section XII.F.

G. Future Work

The engine was selected based on a previous thrust requirement that is higher than the current maximum thrust
requirement. As a result, the airplane has a significant amount of excess thrust even when accounting for installation,
speed, and operational thrust losses during the firefighting mission. As a result, an engine with a lower maximum thrust
may be more desirable to decrease costs and increase the average engine throttle setting to allow the airplane to cruise
more efficiently during its ferry mission. The CFM LEAP is offered in many variants with similar weight and SFC, but
different thrust ratings, allowing the powerplant to be sized to more appropriate thrust levels without significant changes
to the airplane design.

Additionally, the team plans to further increase the fidelity of the engine performance data by using GasTurb to
calculate the thrust available and SFC. GasTurb can also calculate thrust losses due to inlet design, bleed air offtakes,
and shaft power offtakes. As more detailed numbers are provided for bleed air and power offtakes, installation losses
can be calculated with higher accuracy.

Furthermore, the design of the engine inlet and nacelle should be further refined to account for the flight conditions
that Firehawk will be flying at. The nacelle in particular is currently based on that of the A320neo, and further analysis
and refinement should be performed to design a nacelle that is more aerodynamically efficient for the airplane’s flight

conditions.
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VII. Aerodynamics

A. Airfoil Selection

The airfoil selection process for the design mission depends upon the ferry cruising speed of 0.6 Mach, therefore the
first step in picking an airfoil was estimating the design lift coefficient for ferry cruise. This value was found to be 0.425.
The correlation between relative thickness and the design Mach number for two-dimensional flow was determined by
applying the unswept wing equation from Torenbeek [32]. Although a drag penalty is expected with thinner airfoils, a
t/cavg = 0.12 was desired. The idea behind this desire to have enough space for the fuel tanks and avoid leading edge
stall of the low-aspect-ratio wing, while restricting wing weight. Next, aerodynamic analysis of NACA four, five, and
six-digit airfoils was performed using the vortex-lattice software XFLRS5 and integral method described by Eppler via
JavaFoil [33] [34]. The computational results were comparable to experimental wind tunnel data obtained from “Theory
of Wing Sections” for only the lower Reynolds numbers [35]. Since the software is unable to accurately analyze airfoils
in the transonic regime, a combination of Airfoil Tools [36] and SOLIDWORKS flow simulation was adopted to obtain
aerodynamic data related to isolated airfoils [37]. The analysis was performed at the highest mission Reynolds number
of 41.5 x 10 corresponding to the critical dash mission segment after the drop when aircraft climbs back to the cruising
altitude of 20,000 feet above sea level. Candidate airfoils were compared in Table 12 below. For the trade study, desired
aerodynamic characteristics were ranked in order of importance: maximum lift coefficient to minimize Vy,;;, angle of
stall, drag coefficient at maximum lift coefficient, pitching moment coefficient, and the lift and drag coefficient at zero

geometric angle of attack.

Table 12 Airfoil Section

Airfoil | Clyax at Re =41.5x 10° | ayan (deg) | Cd(Clnax) | Cmo | Clo Cdy
4412 1.5 13 0.0148 | -0.090 | 0.4 | 0.0060
4417 1.4 14 0.0152 | -0.043 | 0.3 | 0.0065
23012 | 1.5 12 0.0124 | -0.013 | 0.3 | 0.0060
63A412 | 1.55 15 0.0120 | -0.004 | 0.4 | 0.0039
64A414 | 1.76 16 0.0122 | -0.004 | 0.4 | 0.0044
63A015 | 1.8 14 0.0128 | 0.000 | 0.0 | 0.0052
64A410 | 1.65 13 0.0116 | -0.042 | 0.4 | 0.0040

It was found that the five-digit airfoils have poor stall characteristics compared to the four-digit. Moreover, the
six-series demonstrated the highest maximum lift coefficient which out-weighs the disadvantage of a sharper stall quality.
During cruise in the transonic regime, air flow on top of the airfoil will become supersonic and generate shock waves.
Hence, supercritical airfoils were found more advantageous for the Firehawk, since they are designed with a flatter
upper surface to provide a smoother deceleration of the supersonic flow region. Figure 15 shows the aerodynamic

performance of two such high cambered airfoils (NACA 64-414 and 64-410) corresponding to ferry cruise condition of
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M = 0.6, Re = 22.6 x 10°, and a smooth surface condition a = 0.6.

According to the mission profile, it can be observed that the selected airfoils are capable of bearing the highest
speed condition of Mach 0.6. The root chord airfoil was chosen to be NACA 64-414 with the thinner NACA 64-410 tip
chord airfoil geometry shown in Figure 16. The C;
for the chord and tip respectively. The lift-over-drag ratio at the same condition is 14.45, which is in accordance with the
derived requirements by performance. These airfoils were found suitable because small decreases in drag caused large

increases in lift to drag ratios. From the drag polar plots in Fig. 15, it can be seen that both airfoils have minimum drag

Lift Curves at M= 0.6, Re = 22.6x10°
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Fig. 15 Cruise Aerodynamic Results using XFLRS.

max

at the ferry cruising altitude was determined to be 1.86 and 1.56

near zero angle of attack when CI is equal to the design lift coefficient.
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B. Wing Design
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Fig. 16 Final Airfoil Design.

The wing configuration was inspired by the seed aircraft, the Boeing 737-300. According to the mission profile in

Section VIII, the operating cruise velocity for the design ferry range reaches a maximum of Mach 0.6. Furthermore, after

the payload drop, the dash segment reaches the required calibrated airspeed of 300 knots at Mach 0.58. Since critical

flight conditions of operation are below the critical Mach speed for a straight wing aircraft [2], the main challenge in

designing the wing was accounting for the low stall speed and high Reynolds numbers.
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Pylon Location

As a consequence, a straight wing was employed meaning the quarter chord sweep was set to zero degrees as shown

in Figure 17. This was in order to prevent the wing from reaching its critical Mach number in high cruising speed

24



conditions. Thus it was concluded that reducing the wing leading edge sweep to 3.12 degrees would lower the structural

weight of the wing and be a more optimal for the mission.

Table 13 Wing Geometry

Parameter Firehawk
Wing Area 1,800 ft?
Span 120 ft
AR 8
Wing Loading 87.33 psf
Taper Ratio 0.4
Root Chord 2143 ft
Tip Chord 8.57 ft
Mean Aerodynamic Center | 15.92 ft
LE Sweep 3.1deg
Dihedral Angle -2 deg
Incidence Angle 2 deg

Next, a trade study was conducted to determine the optimal aspect and taper ratio combination. The aspect ratios
ranged from five to ten in increments of one, while the taper ratio was varies by 0.05 from 0.25 to 0.45. According to
numerical analysis results, the minimum induced drag coefficient and maximum Oswald efficiency factor values were
obtained at the taper ratio of 0.4. At zero geometric angle of attack, the highest lift coefficient and lowest empty weight
was achieved at an aspect ratio of eight. When the weight reduction from increasing the taper is taken into account, a
taper ratio of about of 0.4 was chosen, yielding a nearly elliptical lift distribution, most ideal for the unswept wings as
shown in Figure 18. Using the MTOW of 159,675 Ibs, the wing area was determined to be 1800 ft*> with a wing loading
of 87.7 psf.
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Fig. 18 Lift distribution along the Wingspan.

The spanwise lift distribution was analyzed at zero angle of attack for the cruise configuration by normalizing the
sectional lift coefficient by the total lift coefficient. The wing root incidence was set to 2 degrees because it yields a
positive angle of attack during take-off and decreases drag in cruise flight. The anhedral was set to be -2 deg based on
roll stability calculations in Section IX as well as to pass the engine ground clearance standard set by 14 CFR § 23.933
[38]. The chosen parameters were comparable to historical data and similar weight class fire-fighting aircraft, with the

final wingspan dimension equal to 120 ft and a mean aerodynamic chord of 16 ft.

C. High-Lift Devices

The design of high lift devices was driven by the landing and takeoff distance requirements. Determined in Section
VIILE, the required coefficient of lift 0.709 is essential to taking off in less than 8,000 feet at an altitude of 5,000 ft
DISA =+ 35°F. After evaluating the control surfaces of similar aircraft, four different high lift devices were considered
for the trailing edge design: split flaps, hinged flaps, zap flaps, and Fowler flaps. For the leading edge, Krueger flaps,
variable camber flaps, and slats were considered for the trade study. Since Fowler flaps are the most widely-used flap
design in the commercial industry, the trailing-edge high lift system was sized by choosing an initial flap to wing area
ratio similar to the Boeing 737 arrangement [39]. Next, a parametric trade study was conducted to optimize the high lift
sizing by iterating until the desired landing and takeoff change in lift coefficients, 6Cp 4, Were achieved. Analysis

cf

considered a variation of flap chord percentages == with the section lift effectiveness, ad f, plotted against a range of

deflection angles in Figure 19.
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Fig. 19 Section lift effectiveness of single-slotted Fowler flaps.

Extending the Fowler flaps between 30 to 40 degrees increased projected area thus shifting the lift curve to the right.
The leading-edge slat was crucial for delaying flow separation and allowing more lift generation without reducing the
stall angle of attack. The fully deflected tip airfoil combination of trailing edge Fowler flap and leading edge slat in Fig.

21 was determined as a highly efficient lift-increasing arrangement for the Firehawk.

102.90

Fig. 20 NACA 64-410 high lift devices drawing (inches).
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Parameter Value

Fowler area [ft?] 771.5

Slat area [ft?] 1,170

Fowler extention ratio (c’/c) 1.3

Slat extention ratio (c’/c) 1.04
S

Fowler ~¢= 0.55
S

Fowler =& 0.65

Flap extention ratio (cf/c) 0.3

Fowler Hinge angle (deg) 9.2

Slat Hinge angle (deg) 3
Table 14 High-Lift Devices Dimensions

To begin analysis, the 2D lift curve slope, C;, and maximum coefficient of lift of the wing in clean configuration
were estimated in AVL to be 6.89 per radiant and 1.76 respectively [40]. Then using Eq. 12.6 in Raymer the 3D lift
curve slope of the wing were calculated, resulting in C; ,, = 4.22 per radiant (0.074 deg™!). Lift contributions from the
rest of the aircraft components were accounted for by adding an additional 8% to the wing slope. The resulting lift curve
slope was determined to be 4.56 per radiant (0.079 deg™!), with a clean configuration lift coefficient at zero angle of
attack equal to Cro = 0.44. Maximum lift for the take-off and landing configurations were estimated by adjusting the
zero lift angle of attack in accordance to the trend effects of the chosen trailing edge deflections as demonstrated in

Figure 21.
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Fig. 21 Low Speed Lift Curves of single-slotted Fowler flaps.

For the chosen angles of deflection and the effects of leading edge slats, the takeoff and landing configurations

results were calculated using Nicolai [41] in Table 15. Since high-lift system performance is dominated by viscous

effects for multi-element airfoils, results inconsistencies of the two-dimensional Navier Stokes simulations were nullified

by using a high-fidelity software.

Flight Condition | LE Slat Deflection | Slat ACy,,,x | TE Fowler Flap Deflection | Fowler ACrax | Crmax
Takeoff 15 deg 0.38 30 deg 0.81 2.57
Landing 35 deg 0.43 45 deg 1.16 2.96

Table 15 Impact of HLD on Cyp

D. Drag Build-Up

Total drag is made up of induced, parasitic, and compressibility drag. Since the airplane will be operating at high

Reynolds numbers, the flow along the components’ surfaces are assumed to be entirely turbulent when calculating skin

friction coefficients. Parasite drag was computed using Raymer’s component buildup method, where Eq. 7.12 was

used to determine the ratio between wetted area and reference area to be *;L"; = 4.84 [2]. Further wetted surface area

estimations of the aircraft’s components were found using the equations in Chapter 9 of Nicolai [41]. Interference

effects on component drag were estimated with the interference factor values adopted from Raymer [2] and the drag

count for the cruise condition summarized in Table 16.
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the pie chart below.

Table 16 Parasitic Drag Build-Up at Cruise [Count]

Component Cruise | Contribution (%)
Wing 71.7 42

Fuselage 30.1 18

Horizontal Stabilizer | 24.8 15

Vertical Stabilizer 20.9 12

Nacelle 11.06 7

Landing Gear 7.32 4

Pylons 2.5 1

Flap Hinges 1.6 1

Total 169.0 100

After the wing, vertical tail, horizontal tail, fuselage, engine nacelles and flaps were modeled in OpenVSP [42]. The
OpenVSP PARASITE drag tool generated corresponding results for each element to the Raymer’s component buildup

and equivalent skin friction methods. The verified component contributions to the cruising parasitic drag are shown in

Wing
Fuselage
Horizontal Tail
Vertical Tail
Landing Gear
Nacelle

Pylon
Flap Hinge

Fig. 22 Parasite Drag Build-Up at Cruise.
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Inducted drag or drag due to lift was calculated to be 0.0714 using the Oswald efficiency factor of 0.81 and Eq.
(12.2) in Raymer [2]. Trim drag was set to 10 % of induced drag based on Nicolai’s assumption [41]. Next, the drag

experienced during transonic flight due to presence of shock waves called wave drag was found in OpenVSP using



the area-ruling technique by Richard Whitcomb of NACA in 1952 [43]. The aircraft will experience 19.27 counts of
wave drag at Mach 0.6. Lastly, flap induced drag and numerically estimated using a combination of equation from the
DATCOM method 1978 [44] and Roskam [3]. Contribution of pressure drag caused by large flap deflection angles
were found from the SOLIDWORKS Flow simulations, confirming that our take off and landing drag was accurately
estimated in Table 17.

Table 17 Takeoff and Landing Drag Build-Up

Drag Type | Takeoff | Landing
Cpo 0.0814 0.1191
Cpi 0.05452 | 0.07138
Cpirim 0.00545 | 0.00716
Chwave 0.001727 | 0.001964
Cbiiap 0.0534 0.1436
Cphexer 0.000617 | 0.00077
Cbiotal 0.189 0.346

E. Aircraft Analysis

With the defined geometry and airfoils selected, the next step was to confirm the aerodynamic capability of the
current aircraft design in OpenVSPAERO, a fast vortex lattice solver for critical mission conditions [42]. Table 18
summarizes the Mach and Reynolds numbers at the key flight segments of the mission. The same deflections angles

were set for the dash and drop segments as for the take-off and landing conditions.

Table 18 Full Wing Analysis for Key Mission Conditions

Flight Condition | Reynolds Number | Mach | AOA | CL,qx
Take-Off 28.2 x 10° 0.30 15 2.53
Ferry Cruise 22.6 x 10° 0.60 | 16 1.89
Drop Descent 29.6 x 10° 0.38 15 2.85
Dash 41.5x 100 0.58 14.5 | 2.65
Landing 22.3 x 10° 0.24 15 2.94
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Fig. 23 VSPAERO Analysis for aircraft takeoff and landing lift curve slope and drag polars.

The aircraft’s cruise, takeoff, and landing lift curves and drag polars are plotted in Figure 23 and are consistent with

the flight operation limits calculated in Section VIII.

Table 19 Key Aircraft Information

Parameter | Cruise | Takeoff | Landing
a [deg] 0.52 3.6 5.7

CL 0.44 1.61 2.46
Chior 0.031 0.189 0.346

L 14.19 | 8.52 7.11
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VIII. Performance

A. Requirements and Approach

From the RFP [1] and derived requirements, it was determined that the aircraft must be able to carry an 8,000 Ib
payload on a drop mission that has a radius of at least 400 nmi from the departure airfield, as well as fly for a minimum
of 3,000 nmi on an empty payload. The aircraft must also be capable of operating at an airfield with a BFL of at most
8,000 ft at 5,000 ft MSL on a +35°F hot day.

To further reiterate on the discussion in Section III.B, the aircraft will perform a multi-drop capable mission in
which the aircraft will descend to a minimum of 300 ft MSL and drop retardant ahead of the fire’s path twice. To satisfy
the 400 nmi design radius requirement, the aircraft will perform its first drop prior to the 400 nmi mark, on its way away
from the departure airport, and then drop the remainder of the retardant after turning around and coming back to the

airport.

B. Flight Envelope
The flight envelope representing the operable regime of the design aircraft is shown in Figure 24. The graph is
composed of multiple lines, V;;,;,, and V,,,4 of which when within, the aircraft can technically operate, despite having

only a single pound of fuel in the tanks.
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Fig. 24 Flight Envelope.

This envelope indicates the airplane has an absolute ceiling of 50,500 ft. However, as indicated by the dark gray

lines, if the aircraft was to cruise at its MTOW, the operating envelope is significantly smaller.
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C. Flight Optimization

As the ferry mission is very different to the drop mission, it would seem trivial that the aircraft operates at different
speeds and altitudes based on its mission. The drop mission has many different flight conditions in and of itself, implying
that each major segment of the flight should be optimized. The optimal flight speed and altitude of each flight segment
was determined by maximizing the % coefficient that was most relevant to the goal of the segment. For example, as the
goal of the ferry mission is to achieve a long range, the aircraft has been designed such that cruise is at the condition
where %/2 is maximized, because that is the condition that that maximizes the Breguet range equation.

For each flight segment many different requirements and considerations need to be made, that include any
combination, of weight, speed and altitude. For example, when the aircraft is preparing to make its first drop, it is flying
with a full payload. If a second drop is to be made, the airplane would perform differently than it did for the first drop if
it was flying at the same conditions, because this time it has half of the payload. Calculations to this level of specificity
were not completed at this stage in the design, but has been considered for future work and is further discussed in
Section VIIL.G. The reason for this is because the aircraft at this point in the design is designed to fly along the solid
black line in figure 1. The dashed yellow line signifies an ideal profile that is satisfied so long as the mission in black is.
At this stage in the design, there were a total of seven different flight conditions that needed to be considered and are

tabulated in Table 20. These conditions were decided based off a basic calculation that involved finding the maximum

%, %/2, % at each Mach number and altitude. They are shown in Figures 25-27.
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Fig. 25 Curves of Maximum % as a Function of Mach and Altitude.

34



FLOOD
FLOZO
FLO4D
FLO&D
FLOGD
FL10O
FL120
FL140
FL1&0
FL180
FL20O
FL220
FL240

Coefficient
NERRRRER

0.0 02 04 06 [E:]
Mach Number

2

Fig. 26 Curves of Maximum =5- as a Function of Mach and Altitude.

D

FLOOD
FLOZO
FLO4D
FLOGD
FLOBD
FL1OO
FL120
FL140
FL1&0
FL18D
FL2OO
FL220
FL240

Coefficient

0.0 02 04 06 08
Mach Numnber

Fig. 27 Curves of Maximum L2 as a Function of Mach and Altitude.

D

Based on certain requirements and flight conditions, a particular maximum was selected. For example, the goal of
the ferry flight was to maximize the range of the aircraft. A ferry cruise was selected to be flown at M 0.6 because this
was the Reynolds Number that was acceptable by aerodynamics of the wing as well as was acceptable according to the
flight envelope shown in Figure 24. At M 0.6 it can be seen that in Figure 26, the %/2 is maximized at FL320. The

coefficients that are relevant at FL.320 are shown in Figure 28. Thus that is flight condition that is used in a time step

integration to determine the precise performance characteristics of the airplane.
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coefficients at FL.320.

This process was repeated for each of the other six flight conditions and is tabulated in Table 20.

Table 20 Desiged Flight Conditions

. o Operating Operating . .
Flight Condition Mach Number | Altitude Factors in Selection
Ferry Cruise M 0.60 FL320 Speed and Altitude, % Maximized
. .. . L
Pre-Drop Cruise M 0.38 FL100 Welg.ht., Minimize Fuel Burn, 7
Maximized
During Drop Cruise M 0.32 FL030 Speefi (.M ust Satisfy < 125kts). 75
Maximized
i L
Dash (Post Drop) Cruise | M 0.58 FL200 Spee.d .(Must Satisfy 400kts), 7
Maximized
Loiter Condition (No Minimum Thrust Required, %
Payload, Design Mission) M0.29 FLO60 Maximized
Loiter Condition (Full Minimum Thrust Required, %
Payload, Design Mission) M0.29 FLO60 Maximized
Lo'1te'r Condition (Ferry M 0.29 FLO60 Mln{ml'lm Thrust Required, =5
Mission) Maximized
D. Fuel Burn and Drag

To accurately calculate the fuel burn and the range of the aircraft, a time step integration was developed and
implemented. The goal is to create a solver that is more accurate to the Breguet Range Equation and that can
accommodate different operating conditions to yield different results. Two outputs of the time step solver when the
flight conditions listed in Table 20 are incorporated are the average drag and the total fuel burn for each segment. The

values are listed in Table 21. While the solver is intended to a significantly more accurate estimation than the Breguet
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Range equation, the actual performance of the aircraft’s average drag and fuel burn should be within 1% of the number

quoted in Table 21.
Table 21 Key Flight Statistics
Horizontal Time of
Flight Segment Average Drag (Ib) | Distance Fuel Burned (Ib) | Segment
Covered (nmi) (min)
Climb 6,619 27.1 907 7
Cruise 6,615 3050 22,532 496
Ferry Flight . foscent . 4746 27.1 464 6.5
Diversion Climb 5782 14.2 162 4.2
Loiter/Diversion 4695 200 2549 48
Descent 4682 14.2 482 4.2
Total | 3,246.6 31,116 526.4
Climb 10024 6.38 702 2
Cruise 8,937 240 4,357 40
Drop Descent 10,432 5.0 327 2
Drop Loiter 13,014 240 3196 77
Design Climb 8,811 3.95 425 1
Flight Cruise 8,937 240 4,145 40
Descent 9,937 7.12 361 2
Diversion Climb 8,964 5.2 597 2
Loiter/Diversion 8,820 58.6 948 12
Descent 7,986 7 238 2
Total | 813.25 19,421.49 180

E. Field Length Analysis

The balanced Field Length was calculated using equations in both Raymer [2] and Rosakam [3]. Using a carbon
ceramic braking coefficient of ;1 = 0.48 as opposed to i = 0.40 for standard steel brakes the aircraft is capable of
achieving a BFL of 6,200 ft at an altitude of 5000 ft DISA + 35°F on dry asphalt with a rolling coefficient of 0.03. Even
on a wet asphalt surface with a rolling friction coefficient of 0.05, the Firehawk is capable of operating on a BFL of
7,750 feet. This data is validated because a trade study conducted with aircraft of similar weight class such as the Airbus

A319, showed similar BFL metrics.
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F. Range performance

The range performance of the aircraft is calculated when the %/2 is maximized as shown in Figures 25 - 27. As for
the ferry mission, the range will be maximized when flying at M 0.60 at FL.320. The graph shown in Figure 29 shows
the range of the aircraft for any given payload when operating at these conditions. Some notable points are tabulated in
Table 22. The range of an empty payload may seem large, however the calculation used to produce the plot assumed all
fuel is used during cruise, where in reality, a large portion of the fuel is used during climb thus reducing the range of an

actual mission. Also, the ferry mission includes fuel for a reserve mission where the payload-range plot assumes one

straight flight.
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Range (nmi)
Fig. 29 Payload Range Diagram.
Mission Payload (Ibs) | Fuel (Ibs) | Range (nmi)
Max Payload 72,000 15,300 1,705
3,000 nmi 62,200 25,100 3,000
Max Fuel and Payload 59,000 28,300 3,360
Max Range 0 28,300 5,250

Table 22 Payload Range Data

The RFP requirement of a 3,000 nmi radius is quite clearly satisfied and as can be seen by the green star in Figure

29, the 3,000 nmi range is satisfied when carrying 62,200 lbs of payload, albeit not accounting for fuel used for any

other portion of the flight except for cruise.

38




G. Future Work

Future work will involve finding a much more detailed analysis of the takeoff field length to ensure that the aircraft
can perform and satisfy the RFP requirement of taking off. Further research could include more detailed analysis into
the braking capabilities of the carbon ceramic brakes. Using a time step integration for the take off ground run and
stopping distance could provide a more accurate estimation of the balanced field length. Additional work will include
calculating the % coeflicients of the portions of the flight indicated in yellow in Figure 1. This will provide a better
understanding of the fuel consumption during ideal flight profiles. Other work would also be finding optimal rate of

climb and incorporating a step-climb into the ferry cruise.
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IX. Stability and Control

A. Tail Design
The horizontal and vertical stabilizer for the aircraft is in a conventional tail design. The reasoning behind the

conventional tail design is discussed in the configuration section.

Table 23 Horizontal and Vertical Stabilizer Airfoil Trade Study

Airfoil Cp, Horizontal Tail | Cp, Vertical Tail | C;

max

NACA 0009 0.00414 0.00244 1.25
NACA 0012 0.00444 0.00261 1.40
NACA 0015 0.00479 0.00282 1.45

For the tail design, a symmetric airfoil was chosen because symmetric airfoils exhibit equal effects in orientations at
a fixed positive or negative angle of attack. Symmetric airfoils are easier to analyze and are more predictable in flight
when considering that the airfoil camber will affect the control surface effectiveness. Additionally, because the aircraft
is symmetric, the vertical stabilizer should be symmetric with a zero angle of incidence as there is no rotational flow
that would be caused from a propeller. The trade study in Table 23 justifies the NACA 0012 airfoil for both the aircraft’s
horizontal and vertical stabilizer. The airfoil drag data is taken from the aerodynamic drag buildup and maximum lift
coefficient from Airfoil Tools. [36] The NACA 0012 is the middle ground between the NACA 0009 and NACA 0015
when comparing the resulting drag penalty for both the horizontal and vertical stabilizer. Because the aircraft is not
designed to fly at transonic speeds, the drag of the NACA 0012 is less important of a consideration. The resulting
decisions were primarily based on the structural integrity of the stabilizers and the restoring moments that would be

produced. The C;___ of the NACA 0012 is roughly the same as the NACA 0015 without sacrificing the added drag and

max

weight of a thicker airfoil, while also having a considerably higher C;, , than that of the NACA 0009. In summary, the

NACA 0012 airfoil was chosen as it is likely to have the greatest restoring moment without adding unnecessary drag or

weight.
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Fig. 30 Horizontal Stabilizer Measured in Inches.

B. Stabilizer Sizing

When comparing horizontal tail sizes, the primary consideration was the static margin and forward rotation limit
of the aircraft. According to Raymer [2], the static margin for a transport aircraft is typically between 5-10 percent.
Performing a trade study on the horizontal tail size in Table 24, the resulting static margins and area ratios are listed
with maximum forward rotation versus most forward cg listed as the forward rotation safety margin. The scissor plot in
Fig. 31 gives a visual representation of the impact of area ratio of the horizontal tail to the stability margin and forward
rotation limits of the aircraft. The most forward and most aft cg limits are considered during a system failure when
one side of the retardant tanks fails to deploy. When analyzing in detail, Table 24 demonstrates that 400 sq. ft. is the
minimum tail size that would work with the aircraft. However, the aircraft was chosen to have a 450 sq. ft. horizontal
stabilizer as is provides more flexibility when considering adding spare equipment further aft of the retardant tanks,
while allowing for more lift to rotate the aircraft on takeoff. Increasing the horizontal stabilizer area beyond 450 sq.
ft. was decided to be unnecessary as the tail size increase would only add extra weight to the aircraft with increased

structural complexity.
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Fig. 31 Scissor Diagram for Horizontal Stabilizer Sizing.

Table 24 Horizontal Tail Sizing Trade Study

Horizontal Tail Size | Aft-most Static Margin | Forward Rotation Safety Margin | Sy /S,
350 sq. ft. 7.21% -0.55% 0.194
400 sq. ft. 9.66% 0.76% 0.222
450 sq. ft. 12.0% 2.06% 0.25
500 sq. ft. 14.4% 3.36% 0.277
550 sq. ft. 16.7% 4.72% 0.305
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Table 25 Tail Sizing Parameters

Parameters Horizontal Stabilizer | Vertical Stabilizer | Units
Root Chord 188.6 175.4 in.
Tip Chord 66.2 35.1 in.
Leading Edge Sweep 21.1 31 deg.
Quarter Chord Sweep 15 25 deg.
Area 450 400 sq. ft.
Span 509 273.6 in.
Leading Edge Location 831.6 834.9 in.
Incidence Angle -2 0 deg.
Taper Ratio 0.35 0.2 -
Tail Volume Coeflicient 0.700 0.0825 -

The vertical tail sizing was primarily based off of the constraining condition of takeoff with one engine inoperable
as it requires the largest yawing moment to be produced for the aircraft. Because the vertical stabilizer is used to create
a yawing moment, the yawing moment coefficients for the aircraft were added for OEI conditions with the thrust and
drag of the two engines being represented in coefficient form. Using the vertical stabilizer size of 400 sq. ft. allowed the
aircraft to fly straight when considering the thrust from one engine and drag from the other.

Given the horizontal and vertical stabilizer areas, other stabilizer parameters were found and are shown in Table 25.

Side view sketches for the horizontal and vertical stabilizer can be found in Fig. 30 and 32, respectively.
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C. Control Surface Design

The sizing was initially determined from ratios listed in Raymer [2] of historical values, then compared to the
aircraft’s requirements. The flap and aileron dimensions can be found in Fig. 17. The rudder and elevator dimensions
can be found in Fig. 32 and 30, respectively. The control surface chord ratio, span ratio, and deflection ranges are all
listed in Table 26.

In order to check the chord and span ratios for the ailerons, the roll rate was determined for -30 to 30 degrees bank
angle. The time it takes for the aircraft to roll from -30 to 30 is 4.6 seconds which is sufficient for FAA regulations
and pilot comfort level. For the rudder, the chord and span ratio was checked during OEI, with a maximum rudder
deflection angle of 20.5 degrees at stall speed for takeoff. The rudder is therefore sized large enough as it has enough
deflection to counter the OEI takeoff requirements. The elevator sizing was taken into account for takeoff rotation with
maximum deflection and is also sized adequately as the aircraft can easily rotate when reaching the stall speed, which is

designed for additional safety.
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Table 26 Control Surface Sizing

Parameter Aileron | Elevator | Rudder | TE Slotted Fowler Flaps
Chord Ratio 22% 25% 32% 30%
Span Ratio 38% 100% 100% 50%
Deflection Range | 20deg. | 20deg. | 26 deg. 40 deg.

The restrictions on the deflection range are determined based off of the Boeing 737’s maximum deflection ranges in
addition to linear control restrictions. Once the control surface deflection reaches above around 25 degrees the control
surface undergoes nonlinear effects that need to be taken into account when evaluating the maximum deflection needed.
When analyzing the deflection range and control surface size, the maximum hinge moments were taken into account as
well. The hinge moments for each control surface are listed in Table 27. The method for finding the hinge moments is
from Etkin and Reid.[45] The elevator and rudder hinge moments are on the same order of magnitude as the surface
areas are nearly the same, and the ailerons require much less torque from the actuators as the surface area and chord

ratio for each aileron is much smaller than the elevator and rudder. The flaps will require a very large amount of torque

meaning that there will be a lead screw connected to an actuator to control the flaps.

Table 27 Control Surface Hinge Moments

Aileron

Elevator

Rudder | TE Slotted Fowler Flaps

Maximum Hinge Moment | 90 Ib ft.

230 1b ft.

185 1b ft. 3,700 Ib ft.
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D. Trim Analysis
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Fig. 33 Cruise Trim Diagram with Flap Deflection of 0 deg.

The trim diagram is shown for cruise, takeoff, and landing using elevator deflections of 0, -2, and 2 degrees shown
in Fig. 33, 34, and 35. The trim diagram implies that the aircraft is longitudinally stable as the pitching moment
decreases with increased angle of attack which is proportional to the lift coefficient. One thing to note is that at the
cruise condition, the aircraft holds the average cruise lift coefficient of about 0.45 with zero elevator deflection. The
wing incidence and horizontal tail incidence angles were set for minimizing drag during the ferry cruise mission as well
as allowing for the aircraft to fly a low speed drop mission. The wing incidence angle is set to 2 degrees as the aircraft
can fly at around 1 degree angle of attack for the cruise flight and 5 degrees angle of attack for the drop mission. The
calculation follows an equation found in Roskam [3] that relates the cruise lift coefficient with the lift curve slope of
the aircraft. Increasing the wing angle of incidence too much would lead to a negative cruise angle of attack which
would be unconventional and be affected by negative lift generated by the fuselage. Additionally, a smaller angle of
incidence for the wing would require the aircraft to fly at a higher angle of attack for the drop mission which would
decrease visibility for the pilots. After setting the wing incidence angle to 2 degrees pitch up, it was determined that the
horizontal tail incidence angle should be set to 2 degrees pitch down to trim for a zero elevator deflection in the cruise

mission to decrease drag and maximize the range of the aircraft.
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Fig. 34 Takeoff Trim Diagram with Flap Deflection of 30 deg.
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Fig. 35 Landing Trim Diagram with Flap Deflection of 40 deg.

When comparing the takeoff and landing trim diagrams with the cruise trim diagram, it is noticeable that the lift
coefficients are much higher due to the flap deflection and the angle of attack values change for the same elevator
deflections. Because the aircraft exceeds the range requirements and the elevators are capable of maneuvering the
aircraft, a variable incidence tail was not considered as it would increase the weight and complexity of the aircraft,

which would impact the cost.
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E. Longitudinal Static Stability

Table 28 Longitudinal Stability and Control Derivatives

CLQ/ Cmn €a Cm(i(’ CL(S(’

6.04 | -1.52 | 0.406 | -1.20 | 0.44

Table 28 shows the lift and pitching moment variations with respect to changes in angle of attack. It is important to
have a negative C,,, value as a negative value will act as a restoring moment to bring the aircraft to the desired position
in steady level flight. The values for C;, and C,,, were calculated using the methods listed in Raymer [2]. The Cy,
calculation primarily involved the cruise speed of the aircraft while the C,,,, calculation involved the center of gravity,
wing and tail aerodynamic centers, area ratios, €, and Cy,. The €, calculation was found from Roskam which involved
tail distance, tail height, wing aspect ratio, and fuselage parameters [3]. The calculation for C,,;, was found from
elevator effectiveness and effectiveness of the horizontal stabilizer. [16]

The static margin range was calculated based off of the CG range in percent mean aerodynamic chord found from
Mass Properties. Recalculating the C,,,, values at the endpoints of the CG range and dividing by the Cy, of the aircraft
results in a direct relation with the static margin. Raymer states that a typical range for the static margin of a transport
aircraft is roughly 5 to 10 percent [2]. As long as the static margin for the aircraft is positive, the aircraft has longitudinal
static stability. The minimum static margin for the aircraft is 12% MAC which means that there is longitudinal static

stability. The calculations for the cg range, static margin, and the aircraft neutral point are all tabulated in Table 29.

Table 29 Longitudinal Static Stability Parameters

CG Range (% MAC) | Static Margin Range (% MAC) | Neutral Point (% MAC)

19.1%—41.0% 12.0%-33.9% 53.0%

F. Lateral-Directional Static Stability

For lateral and directional static stability, the rolling moment and the yawing moment should return the aircraft to a
state of zero bank angle and zero side-slip angle. This means that the coefficient for rolling moment (Cy,) needs to be
negative while the coefficient for the yawing moment (C,,) needs to be positive. The values for these coeflicients are
calculated using equations in Raymer and Roskam. [2][46] From Table 30, the values for Ci, and Cug indicate that the

aircraft has both lateral and directional static stability.
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Table 30 Lateral-Directional Stability and Control Derivatives

G

B Cn

B Clau Cna‘a Cnar

-0.12 | 0.15 | 0.32 | -0.02 | -0.07

G. Dynamic Stability
Table 31 Longitudinal Dynamic Stability
Mode Natural Frequency (rad/s) | Period (s) | Damping Ratio (nd)
Short Period 2.44 2.56 0.0456
Phugoid 0.0517 121 0.345

For the longitudinal dynamic stability of the aircraft, the natural frequency, period, and damping ratio are listed
for the short period and phugoid in Table 31. The values listed are for cruise during the ferry mission. The short
period response is on the order of seconds with a 2.56 second period for high frequency disturbances while the phugoid
has a much longer period of 121 seconds. The short period response and phugoid are found from Roskam Part I as

approximations. [46]

Table 32 Lateral-Directional Dynamic Stability

Dutch Roll Natural Frequency | 1.41 rad/s

Dutch Roll Damping Ratio 0.102

Time to Half for Roll 0.842 s

Doubling Time for Spiral Mode 189s

The lateral-directional dynamic stability has been approximated for the dutch roll natural frequency and damping
ratio, the time to half for roll, and doubling time for spiral mode in Table 32. The dutch roll, spiral mode and roll
parameters are also found from Roskam. [3] The dutch roll natural frequency should be on the same order as the short
period which is the case for this aircraft. Because the aircraft is not spirally stable, the aircraft will need to be corrected

with rudder and aileron inputs.

H. Future Work
In the future, the horizontal and vertical tail sizing will need to be verified using more in depth analysis to track the

center of gravity of the aircraft. The final size for the horizontal stabilizer is likely to stay very similar to the current
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design with more emphasis placed on the sweep angle and taper ratios for drag and control surface effectiveness. The
aircraft will need to have additional CFD verification and wind tunnel testing to cross check the static and dynamic
stability of the aircraft. The additional testing would allow for the refinement of the horizontal and vertical stabilizers

and be used to verify the airfoil selection as well.
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X. Structures and Loads

A. V-N diagram

Becuase Firehawk’s maximum takeoff weight is over 12,500 pounds, it falls in the transport aircraft category and is
regulated by Title 14 of CFR § 25 [19]. Therefore the positive limit load factor has to be greater than or equal to 2.5.
The team decided to keep 7y, at 2.5 because when a minimum factor of safety of 1.5 is applied, ultimate load factor

becomes 3.75. 3.75 is the same as other transport category aircraft including the B-737-200, the MD-80, and the DC-10.

Pos. Limit load 2.5

Neg. Limit load -1

Pos. Ultimate Load | 3.75

Neg. Ultimate Load | -1.5

According to Roskam Part V, Section 4.2, Equation 4.4-4.23, two V-N diagrams have been derived [3]. One diagram
is for the drop mission, and the other for the ferry mission. The flying airspeed for the two missions are different due to
the fact that the aircraft is flying at different altitude and different weight.

For the ferry mission V-N diagram, the design cruising speed is higher than the calculated minimum requirement,

thus the V¢ is taken from Section VIII. Vp, is 1.25 times V¢, therefore it also increased.

Parameters Drop (KEAS) | Ferry (KEAS)
Positive 1-g stall speed 133 106
Negative stall speed 165 131
Va 210 167
Ve 277 347
Vb 347 434

Gust load factor lines are developed for the drop mission considering this mission is required to bear more load. The

method used is generated from Roskam Part V Equations 4.4-4.23 [3].
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Table 33 Gust Line Functions

Gust Load Factor Line | Function

nyim, Gust, Vp 1 £0.009014V
niim, Gust, Ve 1 +0.006829V
Niim, Gust, Vp 1 +0.003414V

V-n Diagram
Gust Load Factor Line
1—9 Vsall

Load Factor

50 100 150 200 250 300 350

V Speed KEAS

Fig. 36  V-N diagram with gust loads (Drop Mission).

As Fig. 36 shows, the effect of gust load is mainly from maneuvering speed to cruising speed.
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Fig. 37 V-N diagram (Ferry Mission).

For the regular drop mission, when the aircraft is cruising at FL100, the max diving speed Vp, is Mach 0.54. For the

regular ferry mission, when it is cruising at FL.320, the max diving speed Vp is Mach 0.75.

B. Load paths

Three load cases are analyzed during the structural development process, the landing gear, engine, and the wing.
These 3 load cases are chosen because they experience the majority of the operation load of the aircraft. When the
landing gears hit the ground, they transfer load from the wheels to the main strut, then to a mounted reinforcement plate
on the fuselage. The engines transfer both shear and bending load to the pylon, then the pylons transfer load to the main
spars of the wings. The wing transfers load to the top of the fuselage. All the loads are analyzed for structural safety of

the aircraft.

C. Loads

The wing loading was estimated using OpenVSP lift distribution simulation data [42]. The max loading scenario
considered was at MTOW and at max diving speed. The limit load factor of 2.5 was considered during the analysis. The
weight of engine and wing itself is also taken into consideration. The engine mount was taken as a point load on the
wing, and the thickness of the wing was considered uniform across the span. The weight of fuel was assumed to be only
in wing tanks. The shear stress and bending moment across one side of the wing span are plotted below in Fig. 38 and
Fig. 39.

As shown in Fig. 38, the max shear force experienced is at the root of the wing, which is 245,200 1bs. The max

moment is also at the root of the wing, which is 6,223,000 ft-Ibs. When FS of 1.5 is applied, the ultimate shear is
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Shear (Ib) vs Span (ft)

-50,000

-100,000

Shear (Ib)

-150,000

-200.000

-250.000

o 10 20

0
Span (ft)

Fig. 38 Wing Shear.
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Fig. 39 Wing Bending Moment.
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367,700 1bs, and the ultimate moment is 9,334,500 ft-1bs.
For the Engine loads, the FS applied is also 1.5. The distance from engine center to wing is 6.25 ft. The loads on

each engine are listed in the table below. The vertical load have also accounted for the 3.75 ultimate load factor.

Vertical Load (Ib) 33,600
Shear Load (Ib) 48,200
Torque (1b-ft) 201,000

Ultimate Torque (Ib-ft) | 301,500

For the Landing gear, the MLW is 133,900 Ib, calculated based on Commercial Airplane Design Principles Equation

4.6 [47]. More details can be found in Section XIII.

D. Sizing

Through various trade studies and supporting research, a number of structural considerations could be made. The
first was with respect to spars. The likely unstable atmospheric conditions that the aircraft will fly in during a drop
mission warrants a need for a wing that has the ability to handle turbulence well. Turbulence can affect aspects such as
the center of gravity (sloshing fire retardant), and while tanks can be designed to limit sloshing, having an aircraft that
can navigate those bumps smoothly prevents exacerbation of that issue, as well as making the aircraft easier for the pilots
to fly. As such, a two-spar configuration was chosen, with two long spars running the length of the wing, and additional
internal support from the walls of the wet wing fuel tank as well as any other transverse internal structural components.
Overall design theory and approach was taken from the methods outlined by Niu [48]. As per considerations also taken
from seed aircraft as well as other aircraft with similar wing configurations, the leading spar is placed at approximately
8% of the chord length and the trailing spar is approximately 61% of the chord length from aileron to tip. A flat metal
plate for ease of engine mounting was added at 200 inches from the root chord. This was done to increase support for
the weight of the engine attached at the end of those spars) and provide a stiffer frame in the area where the fuel tank
would be placed. The ribs were placed at 30 inch intervals throughout the wing. Final dimensions result in 0.5 inch
thick ribs with 8 circular holes cut from them in order to reduce weight and maintain the bulk of its stiffness. The spars
had a number of considerations taken to ensure both strength as well minimize weight. The balance in design found that
best accomplishes this goal is an I beam spar with variable sizing. The I beam at the root consists of a 1.5 inch thick
web with a 0.75 inch thick top and bottom flange. The height is eight inches between the exterior surfaces of the flanges
and the width of the flanges are six inches. The beam at the tip consists of an I shape with a 0.75 inch thick web and 0.5
inch thick flanges. The distance between exterior flange faces at the tip is six inches and the width of each flange is three

inches. These can be visualized in the wing views below.
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Fig. 40 Orthographic Spars/Ribs View.
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Fig. 41 Dimensional View.

The fuselage utilizes 0.5 inch thick frames with a maximum interior diameter of 71 inches and an exterior diameter
of 75 inches (four inch wide web). The material used is Aluminum 7075-T6. The ribs experience a spacing of 17 inches
and have four one inch diameter aluminum pipes running through the ribs to add stiffness to the structure. There will
also be one inch Z-Stringers throughout the entire fuselage to complete the body. The main fuselage structure is shown
in Fig. 42.

The skin thickness was determined by methods taken from Abbott Aerospace and the NASA-TM-X-73306 Structures
Manual Volume II. This models the fuselage as a thin metallic cylindrical shell under a given load. The equation solved
for the maximum pressure the cylinder can handle as a function of the radius of the shell and the thickness. Using

expected flight maximum dynamic pressure, the equation was flipped to solve for required thickness, found to be 0.03
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Fig. 42 Orthographic Fuselage View.

inches. This is consistent with other resources that analyze skin thickness of existing aircraft. [49]

E. Materials

One aspect that also needed to be considered was the materials chosen for structural applications. The most common
material used in aircraft construction has been aluminum alloy, however, with advances in technology, composites
have become a viable manufacturing option as well. Through looking at structural/material trade studies, traditional
manufacturing still enables an aluminum construction to be the most cost-effective, so it was determined that aluminum
alloys would make the bulk of the aircraft structural components. An analysis of the MIL-HDBK-5J handbook of
materials selections demonstrated that aluminum 7075-T6 would be the best choice for load bearing components due
to its high yield strength, meaning it would be able to repeatedly bear the flight loads. The material properties as
found through Vartabedian are listed below [50]. For aircraft skin, both the wing and the fuselage will be made out of

Aluminum 2024 due to its flexibility.

Variable Value
Density (Ib/in”3) 0.101
Young’s Modulus - Tensile (psi) 10,400,000
Young’s Modulus - Compressive (psi) | 10,700,000
Poisson’s Ratio 0.330
Scatter Factor 4.00
Compressive Yield Stress (psi) 71,000
Compressive Ultimate Stress (psi) 81,000
Tensile Yield Stress (psi) 71,000
Tensile Compressive Stress (psi) 81,000
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F. Finite Element Methods

The load path follows the determined lift distribution. In setting up structural analysis to determine the wings ability
to handle loads, the Autodesk Fusion 360 software was used to achieve a finite element analysis. The setup utilized a
stepped lift distribution with 1b-force magnitudes that reflected the calculated lift distribution that the aircraft would
need to bear. The weight of the engine was also taken into consideration with a 70/30 bias towards the front due to its

positioning. Fig. 43 demonstrates the areas utilized in simulating forces.

Fig. 43 Load path of the wing.

885.6 Max

. . 50

stres

Fig. 44 Stress distribution of the wing.

As seen in Figure X.F, the wing is safely able to bear the loads sustained during flight as well as having a margin
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for safety. A Von Mises stress distribution is displayed. Fusion 360 listed a 3.54 load factor upon completion of the
simulation; however, the ultimate load factor is higher given that the stepped lift distribution resulted in a simulation of
loads that were an overestimate of flight conditions at MTOW. As a result, an ultimate load factor of around 3.7 — 3.75

can be expected for this wing. The wing tip experiences a max deformation of 39 inches in each direction before failure.
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XI. Mass Properties

A. Weight Estimation

At the preliminary design phase, the initial weight estimation was made based on the seed aircraft. Two methods
were used, a bottom-up method from Raymer Table 15.5 [2].The other method was a top-down method, the Roskam
Class I method [3]. In addition, 2 aircraft were compared to our initial sizing, the DC-10-30 and MD-80 aircra